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ABSTRACT
An elastic blade flight dynamics model for a coaxial helicopter based on the Sikorsky X2 Technology™ Demonstrator
is presented and validated with steady trim and frequency response flight test data. A full authority explicit model
following control architecture along with weighted pseudoinverse control allocation is implemented for the model in
hover and cruise at 180 knots using CONDUIT® in order to stabilize the vehicle and meet a set of stability, handling
qualities, and performance requirements. Different fault scenarios are considered including failure of rotor swashplate
actuators and tail surface actuators in hover and forward flight, which are compensated for by recalculating the pseu-
doinverse control mixing accordingly. The approach is shown to maintain aircraft stability through the fault transient
and into a new steady trim state for the vehicle. Though the implemented controller is successful in maintaining the
aircraft state, different fault cases lead to violations in rotor tip clearance limits, which will require additional effort to
account for in flight.

NOTATION

nz Stability Axis Vertical Acceleration (g)
sa f t Aft Swashplate Actuator Position (%)
slat Lateral Swashplate Actuator Position (%)
s f wd Forward Swashplate Actuator Position (%)
Tprop Propeller Thrust (lb)
δlat Lateral Mixer Input
δlon Longitudinal Mixer Input
p Body Frame Roll Rate (deg/s)
q Body Frame Pitch Rate (deg/s)
Γ Swashplate Control Phase Angle (deg)
δe Elevator Deflection (deg), positive TE down
δr Rudder Deflection (deg), positive TE left
θ0 Symmetric Collective Pitch (deg)
θLon Symmetric Longitudinal Pitch (deg)
θLat Symmetric Lateral Pitch (deg)
∆θ0 Differential Collective Pitch (deg)
∆θLon Differential Longitudinal Pitch (deg)
∆θLat Differential Lateral Pitch (deg)
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INTRODUCTION

High speed coaxial helicopters are poised to revolutionize the
future of vertical flight. The ability of this aircraft type to
perform typical VTOL missions as well as push the flight en-
velope and mission capabilities into a high-speed regime is
a feat rotary wing vehicles have traditionally been unable to
perform. With the establishment of the Department of De-
fense Future Vertical Lift (FVL) initiative (Ref. 1), coaxial-
pusher helicopters have become an area of recent interest.
This non-traditional VTOL aircraft has the ability to fly far-
ther, faster, and longer than the current fleet of rotorcraft being
utilized. Under the Joint Multi-Role Technology Demonstra-
tor program, these vehicles are being built and tested in order
to study and improve these future concepts.

A unique feature of these aircraft, as well as other advanced
rotorcraft concepts, is the availability of multiple redundant
effectors typically not present on legacy rotary wing vehicles.
These enable the aircraft to achieve non-unique trim states that
can be varied depending on the objective of the mission or
in order to compensate for a component failure in the other
flight controls. In recent work, the ability to utilize redundant
controls for power minimization, load alleviation, and noise
reduction has been explored on different FVL type platforms.
Different studies performed at RPI have considered power and
vibration reduction using redundant controls on the XH-59A
coaxial helicopter (Ref. 2) and a compounded UH-60 Black
Hawk (Refs. 3, 4). Additional work has been performed at
the University of Maryland for optimal multi-objective trim
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on the generic coaxial platform (Refs. 5, 6), considering per-
formance, loads, and noise.

Outside of trim simulations, there has also been substantial
effort made to develop flight simulation models of coaxial-
pusher aircraft for flight control design and handling qualities
evaluation. These studies range from development of generic
models (Ref. 7) to development and improvement of specific
models of the X2 Technology™ Demonstrator in a collabora-
tive effort between the US Army and Sikorsky (Refs. 8, 9). In
addition to the modeling effort, significant work has gone into
inner and outer loop flight control design for high-speed vehi-
cles, including coaxial helicopters (Refs. 10,11) outside of the
internal development undertaken during production and flight
testing of the FVL candidates. These studies highlight the
specific challenges (stability, tip clearance, response types)
present in the control design of coaxial helicopter platforms
and provide potential approaches to achieve good handling
qualities performance.

Recently, work at RPI has investigated the use of redundant
controls for fault compensation after an actuator lock in the
swashplate of a compound helicopter in trim (Ref. 12) and
in dynamic simulation (Ref. 13). Previously, the same group
demonstrated the ability to compensate for flight control fail-
ure on the UH-60A (Refs. 14,15), demonstrating that the extra
controls present can allow for recovery and steady level flight
after a component failure in certain flight conditions. In ad-
dition to this body of work, the US Army and Piasecki have
published a study considering damage tolerant control on the
Piasecki X-49A (Ref. 16), where multiple control allocation
techniques were implemented and compared for different fault
scenarios in piloted simulation.

There is no substantial body of work investigating the use of
redundant control effectors to compensate for component fail-
ure in different flight conditions for a lift-offset coaxial-pusher
helicopter. The present study seeks to build off of prior publi-
cation by the authors (Ref. 17), where the ability of a coaxial
helicopter to trim post control failure was investigated, and
examine the potential use of redundant control allocation to
compensate for failure in the available flight controls, con-
sidering the method of control allocation and potential fault
cases where a redefinition of the allocation can allow for safe
recovery of the vehicle.

FLIGHT DYNAMICS MODEL

Simulation results are obtained from the RPI Coaxial Heli-
copter Analysis and Dynamics (CHAD). The code utilizes a
blade element theory model coupled with a pressure poten-
tial superposition inflow model (PPSIM, Ref. 18) to calcu-
late rotor forces and moments for a given operating condi-
tion and control input. This rotor model has been presented
and validated in prior publication by the authors (Ref. 17)
against coaxial rotor test data from NACA (Ref. 19) and
UT Austin (Ref. 20). The aircraft fuselage and control sur-
faces are modeled according to the published XV-15 simu-
lation model (Ref. 21), with appropriate scaling to represent
the vehicle being considered, which is the X2 Technology™

Demonstrator (X2TD) in the present study. Assumed geom-
etry is provided in Table 1. Finally, the pusher propeller is
modeled with momentum theory with appropriate considera-
tion for non-ideal losses in order to match published flight test
data. Overall, the CHAD bare-airframe model has a total of
50 states: 12 rigid body, 32 rotor (2 blade modes × 4 blades
× 2 rotors × 2), and 6 main rotor inflow (3 states per rotor).
Model validation is presented in a following subsection.

Table 1. Coaxial Model Details
Aircraft

Gross Weight 5,300 lb
Horizontal Tail Area 30 ft2

Vertical Tail Area 17 ft2

Rotor
Radius 13.2 ft

Nb/Rotor 4
Hub Separation 14% R

Ω (Hover) 448 RPM
Mtip Limit 0.9

Pusher Prop
Radius 3.3 ft (0.5 m)

Nb 6
σ 0.2
Ω 2,000 RPM

Rotor Controls and Swashplate Representation

The rotor controls as defined in this study represent the inputs
to the rotor head and contain a constant 37.5◦ control phase
angle (Γ) that is typically seen to absorb the phase lag associ-
ated with rotor blade dynamics and aerodynamic interference
effects. For a typical rotor, there are 3 independent controls
traditionally represented by a collective pitch as well as two
cyclic inputs. In most helicopter control systems, these con-
trols define the blade pitch at any point about the azimuth as

θ(ψ) = θ0 +θ1c cos(ψ +Γ)+θ1s sin(ψ +Γ), (1)

where θ0 is the collective and θ1c and θ1s are the one per rev-
olution cosine and sine cyclic pitch inputs to the rotor. When
a dual rotor system is considered, there now exist 6 indepen-
dent controls to the rotor system, which can be represented as
the 3 unique controls for each of the two rotor heads or some
combination of controls as desired in the design of the flight
controls.

For the purposes of this study, the coaxial rotor controls will
be defined as follows in Table 2.

With these controls, the individual rotor pitch variation can be
described as in Eqs. 2 and 3.

θU (ψU ) = (θ0 +∆θ0)+(θlon +∆θlon)cos(ψU +Γ)

+(θlat +∆θlat)sin(ψU +Γ),
(2)

θL(ψL) = (θ0−∆θ0)+(θlon−∆θlon)cos(ψL +Γ)

−(θlat −∆θlat)sin(ψL +Γ).
(3)
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Table 2. Coaxial Rotor Controls
Control Description

θ0 Symmetric Collective
θlon Symmetric Longitudinal
θlat Symmetric Lateral
∆θ0 Differential Collective

∆θlon Differential Longitudinal
∆θlat Differential Lateral

Note that the rotor head control naming convention is oppo-
site to standard convention, where the lateral and longitudinal
cyclic inputs are named from the predominant flap response,
and so are the cosine and sine component of the cyclic input,
respectively. Here, due to the large stiffness of the rotor and
choice of control phase angle, the cosine and sine components
of the cyclic input result in dominant on-axis flap responses,
and so are named longitudinal and lateral for the present study.

Another key component in the rotor controls is the swashplate
actuator geometry. To this end, a generic swashplate geometry
is developed to analyze different flight conditions and poten-
tial limiting situations for the rotor system. The derivation is
simple, requiring the minimum and maximum collective pitch
allowable at the rotor head as well as the azimuthal positions
of the swashplate servo actuators on the non-rotating swash-
plate.

First, consider the normalized throw of a servo actuator, that
is s ∈ [0,1]. Note that if all actuators are in the minimum po-
sition, the blade pitch will by definition exist at the minimum
allowable collective setting, it follows similarly for the max-
imum servo position and maximum collective setting. Defin-
ing this allowable collective range as θ0 ∈ [θmin,θmax], it fol-
lows that at the azimuthal position of the ith servo, the blade
root pitch is

θ(ψi) = (θmax−θmin)s+θmin. (4)

Equating the above expression and Eq. 1 for the local blade
root pitch gives the mapping from actuator to rotor head con-
trols as

Tθ/s

s1
s2
s3

+bθ/s = Tθ

 θ0
θ1c
θ1s

 , (5)

Tθ/s = (θmax−θmin)

1 0 0
0 1 0
0 0 1

 , (6)

bθ/s =
[
θmin θmin θmin

]T
, (7)

Tθ =

1 cos(ψ1 +Γ) sin(ψ1 +Γ)
1 cos(ψ2 +Γ) sin(ψ2 +Γ)
1 cos(ψ3 +Γ) sin(ψ3 +Γ)

 . (8)

Note that this is a generalized and simple representation of a
swashplate, in reality swashplate geometry is more complex
with other limitations defining the relation between actuator
position and rotor head controls. This relation, however, al-
lows for extraction of the general relation between actuators

(in certain positions) and rotor head controls, which can assist
in identifying flight conditions where actuators may be at rel-
atively extreme positions. The ability to translate pitch con-
trol to actuator position can also allow for the identification
of ranges of positions that exist throughout large portions of
the flight envelope, which can imply aircraft trim for a locked
swashplate actuator.

For the present study, the swashplate actuators are assumed to
be located at -Γ (322.5◦), 90◦-Γ (52.5◦), and 180◦-Γ (142.5◦)
in the appropriate swashplate azimuthal coordinate. These ac-
tuators are consequently labeled sa f t , slat , and s f wd for each
rotor, corresponding to the location of the flap response pro-
duced by the actuator. The results that follow assume an al-
lowable collective setting range from -5 to 15 degrees on each
rotor, which results in a ±10◦ range in θ1c and ±20◦ in θ1s
according to the defined model.

Trim Validation

Trim predictions match flight test data quite well and perform
similar to other comprehensive codes (Sikorsky GenHel and
HeliUM). Predicted rotor and propeller power are compared
in Fig. 1, with rotor lift offset and tip clearance plotted in
Figs. 2 and 3. Small differences exist in the rotor and propeller
power consumption in the low to mid speed range (50-100
knots), which is likely due to the lack of rotor-fuselage and
rotor-tail aerodynamic interference resulting in a slight mis-
prediction of rotor and body loads in this speed range. Ad-
ditionally, the lift offset of the vehicle does not pass directly
through flight test data in a similar range, though it should
be noted that the lift offset prediction from CHAD is a result
of the scheduled trim target, and for all speeds where the tar-
get passes through the flight test data, the tip clearance also
matches quite well.
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Figure 1. Trim Power Comparison (Ref. 22)
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Figure 2. Trim Lift Offset Comparison (Ref. 22)
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Figure 3. Trim Tip Clearance Comparison (Ref. 22)

There are slight differences in the predicted A1C = −θ1c
(Fig. 4) for the rotor relative to flight test as well as in the
collective setting (Fig. 5), but these can be attributed to the
estimation of certain parameters for the implemented model,
the capabilities of PPSIM, as well as the lack of aerodynamic
interference between the different vehicle components (rotor-
fuselage-tail).

Frequency Response Validation

Open loop frequency responses are compared in the lateral
and longitudinal axes against flight test data both in hover
and in cruise (180/200 kts). Overall, the frequency behav-
ior is well predicted, with a few notable differences. Note that
frequency responses depicted here other than those extracted
from CHAD are provided in Ref. 8, along with relevant coher-
ence data. First, there is additional gain and phase roll-off at
high frequency in hover for both roll and pitch rate response to
stick input relative to flight test and the other comprehensive
codes presented (Figs. 6 and 7). This is primarily attributed
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Figure 4. Upper Rotor A1C Comparison (Ref. 8)
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Figure 5. Collective Stick Comparison (Ref. 8)

to the use of averaging in the rotor loads to obtain the vehicle
accelerations. However, the hovering cubic peak frequency
and the location of the dominant blade modes are well pre-
dicted, which are both important for control system design.
The estimated hovering cubic peaks are observed at 0.21 Hz
for the flight test data and predicted at 0.24 Hz from CHAD.
Additionally, the magnitude dip at higher frequency associ-
ated with the lead-lag dipole is at 2.3 and 1.8 Hz for roll and
pitch rate flight test response, versus 2.8 Hz for both axes from
CHAD (Figs. 6 & 7).

In cruise (Figs. 8 and 9), the overall character of the frequency
response is well predicted, with a notable difference in the
damping ratio of the dutch roll mode (peak magnitude at 0.9
Hz) in the lateral axis. This difference is primarily attributed
to uncertainty in the empennage sizing for the model. The
general agreement with the flight test data gives confidence to
subsequent simulation results.
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Figure 6. Roll Rate Response to Lateral Stick, Hover
(Ref. 8)
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Figure 7. Pitch Rate Response to Longitudinal Stick,
Hover (Ref. 8)

CONTROL ARCHITECTURE

Linearized aircraft models are extracted from CHAD in hover
and cruise and are stabilized and controlled with an explicit
model following (EMF) control architecture. This design is
chosen for its wide use in modern aircraft control problems
as well as the ease of independently tuning performance and
disturbance rejection characteristics. A basic overview of the
control system is given in Fig. 10. Two flight conditions are
considered, hover and 180 kts, and different response types
are designed for each case, outlined in Table 3. The control
system is designed similar to the architecture designed for the
US Army generic coaxial model, presented in Ref. 10.

The design parameters of the control system are optimized
with the Control Designer’s Unified Interface, CONDUIT®

(Ref. 23). This software optimizes the feedback gains in the
system to meet a set of stability, handling-qualities, and per-
formance specifications, listed in Table 4. Note that in cruise,
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Figure 8. Roll Rate Response to Lateral Stick, 180 kts
(Ref. 8)

10
-1

10
0

10
1

-30

-20

-10

0

10

20

M
a

g
n

it
u

d
e

 (
d

B
)

q/
lon

10
-1

10
0

10
1

Frequency (Hz)

-600

-400

-200

P
h

a
s
e

 (
d

e
g

)

CHAD

Flight Test

GenHel

HeliUM

Figure 9. Pitch Rate Response to Longitudinal Stick, 200
kts (Ref. 8)

the stability margin requirement in pitch had to be relaxed due
to the bare airframe dynamics at this condition, this was also
done for the US Army generic coaxial model in Ref. 10 above
260 knots.

Control Allocation

The coaxial helicopter has control redundancy in all nominal
operating states, with 2 rotors that have collective and cyclic
pitch control, aerosurfaces on the horizontal and vertical stabi-
lizers, and a pusher propeller with minimally collective feath-
ering pitch control (some models include monocyclic for mo-
ment generation). This set of controls can be represented by

~u = [θ0 θlon θlat ∆θ0 ∆θlon ∆θlat δe δr Tprop] (9)

With more controls than are required, some type of allocation
scheme is necessary to make best use of all available effectors.
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Figure 10. EMF Block Diagram

Table 3. Response Type Summary
Axis Hover 180 kts

Lateral RCAH RCAH
Longitudinal RCAH nz Command/α Hold
Directional RC DH β Command/TC

Vertical RCHH Direct Stick to Head

Table 4. CONDUIT Specifications
Specification Axis
Stability Requirements

Eigenvalue Stability All
Stability Margins All
Nichols Margins All

Handling Qualities Requirements
Eigenvalue Damping All

Model Following Cost All
Bandwidth and Time Delay R/P/Y

Heave Response H
Disturbance Rejection Bandwidth/Peak All

Open Loop Onset Point All
Minimum Crossover All

Performance Requirements
Crossover Frequency All

Actuator RMS All

The present study utilizes a weighted pseudoivnerse control
allocation, which solves the optimization problem posed as

min ||Wu||2 s.t. νcmd = Bu, (10)

Wii =
1

(umax−umin)
, (11)

where W is a diagonal weighting matrix defined by the po-
sition limits of the available controls (Eq. 11) and νcmd is a
vector of desired accelerations. The solution to this problem
takes the form

ucmd = Mνcmd , where M =W−1BT (BW−1B)−1. (12)

Note that only the relevant rows of the B matrix are taken in
this formulation, which are the rows for the angular accelera-
tion (ṗ, q̇, ṙ) equations of the vehicle dynamic response, but
could include the vertical acceleration as well if desired. The
weighting can be manipulated as desired by the control de-
signer, but typically these weights are defined based on the al-
lowable range of the actuator throw, rate limitations, or some

other parameter that reflects the limitation of the actuators rel-
ative to one another. In the present study, the allocation for
lateral, longitudinal, and directional mixer input are given in
Fig. 11.
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Figure 11. Control Allocation for Hover and Cruise

Summarizing the spider plots given in Fig. 11, the roll con-
trol mixer appears similar in hover and in cruise, with some
small variation in the relative mixing between θlat and ∆θlon
representing slight changes in the effective control phase an-
gle for the swashplate in this axis. This is expected since there
is no aerosurface redundant control in the roll axis. Pitch mo-
ment allocation primarily utilizes θlon and ∆θlat in hover, as
is expected because the rotor is the only effective control in
this speed. Again, the sharing between symmetric longitudi-
nal and differential lateral cyclic creates additional effective
control phasing in the swashplate, with the variation in this
sharing more pronounced in the longitudinal axis. At cruise
speeds, the pitch moment allocation utilizes the symmetric
collective and elevator deflection as well, due to the increased
effectiveness of these inputs at higher advance ratio. Finally,
the yaw moment allocation utilizes only differential collective
in hover, but utilizes a shared control effort between rudder,
differential longitudinal, symmetric lateral, and differential
collective control. Note that additional weighting could be
utilized to favor different controls in hover and in cruise (in
order to bias effort away from the rotor if desired), but the re-
sults presented here simply utilize the pseudoinverse solution
weighted by the position limitations of the effectors.
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Control Reconfiguration

In the event of actuator failure in any of the available controls,
the control laws (command models, inverse models, feedback
gains) themselves are not reconfigured, but the control alloca-
tion is redefined such that the failed effector is no longer in
use. The method is performed assuming fault detection and
identification has occurred. To remove the damaged effector
from the allocation, the corresponding column in the B ma-
trix used in Eq. 12 is set to zero and the mixer (M) is recom-
puted. By solving the problem in this manner, the constraint
that νcmd = Bu is enforced and the newly computed control
modes still accomplish the same acceleration commanded by
the feedback and feedforward control.

SIMULATION RESULTS

A selection of linear simulations are performed in hover and
cruise at 180 knots. These cases include piloted maneuvers
in a healthy aircraft state, as well as fault cases during steady
level flight. In both cases, the aircraft performance will be
highlighted and discussed in terms of its tracking performance
as well as additional considerations including rotor tip clear-
ance and any undesirable vehicle responses, particularly in
fault cases.

Hover Baseline Responses

In hover, the vehicle response to piloted input is chosen as rate
command for all axes (RCAH for lateral pitch/roll, RCDH for
yaw, and RCHH for vertical). Note that as stated in Ref. 10,
this is sufficient to provide Level 1 handling qualities in a
Good Visual Environment. A series of piloted maneuvers
are presented in Figs. 12-18 to demonstrate the baseline re-
sponse characteristics of the closed loop system and to high-
light trends in the tip clearance behavior of the vehicle.

Figures 12 and 13 depict the aircraft roll response and tip
clearance for a simulated pilot lateral cyclic pulse of 25 de-
grees/second roll rate. Note that the roll rate response is nom-
inally a first order response and the roll attitude follows a
step response with some steady state error (approximately 4◦),
as expected since the vehicle begins to translate. When the
maneuver is initiated at 1 second, the rotor tip clearance de-
creases, then begins to return to the nominal value. Note that
the tip clearance does begin to steadily decrease after the stick
input ends, which is a result of the vehicle accelerating later-
ally due to the steady roll attitude and may not be an accurate
representation of the vehicle response due to the linear plant
dynamics.
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Figure 12. Lateral Cyclic Pulse Roll Response
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Figure 13. Lateral Cyclic Pulse Tip Clearance Response
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Figure 14. Longitudinal Cyclic Pulse Pitch Response
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Similarly, the pitch response and tip clearance are given for a
longitudinal cyclic pulse in Figs. 14 and 15. Again, the vehicle
follows a first order command from the pulse input and settles
with a steady state error in the pitch attitude of 2.7◦. The time
history of the presented states are similar to the lateral cyclic
maneuver, with the primary difference being the magnitude
of the rate commanded (15 degrees/second). Again, tip clear-
ance drops at the start of the pilot input and begins to increase
again before entering a steady decline as the vehicle acceler-
ates longitudinally away from the hover condition.
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Figure 15. Longitudinal Cyclic Pulse Tip Clearance Re-
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Figure 16. Pedal Kick Yaw Response

Next, a piloted pedal kick is simulated to demonstrate the
baseline system performance in yaw. This rate command re-
sponse is first order, commanding 30 degrees per second of
yaw rate (Fig. 16). The system displays excellent command
tracking and virtually zero steady state error. Generating the
torque required to perform such a maneuver requires differen-
tial collective input to the rotor, which results in a differential
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Figure 17. Pedal Kick Tip Clearance Response

coning flap response and a significant change in the tip clear-
ance behavior (Fig. 17).

Lastly, a collective step is simulated for the system, with a pi-
lot commanded climb rate of 1500 feet per second. As was
the case in the pedal kick, the system exhibits excellent com-
mand tracking of the first order response (Fig. 18). Unlike the
pedal kick, however, the thrust required to achieve climb is ac-
complished with change in symmetric collective pitch, which
has little to no effect on the rotor tip clearance, and so is not
shown here.
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Figure 18. Collective Pull Climb Response

Hover Failure Cases

A selection of swashplate actuator locked failures are consid-
ered during steady hover in simulation. In all cases, the actu-
ator being considered is locked 15% above the nominal trim
position at 5 seconds. At the same time, the allocator is rede-
fined as described in the approach section in order to best use
the available control set. This change in the mixer definition
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happens instantly at the time of failure. Because of the sym-
metry in the hover condition, only two cases are shown here:
locked failure of the upper rotor aft and lateral actuators.

The aft swashplate actuator is located at ψ =−Γ =−37.5◦ in
the rotor azimuth. Given this location and the stiffness of the
coaxial rotor system, it is expected that displacement of this
actuator (Fig. 19) from trim will result in a large nose down
moment coming from the upper rotor as well as an increase
in the rotor thrust resulting from the increase in θ1c and θ0 on
the upper rotor. Note that the commanded position of the up-
per rotor aft actuator (dashed blue line in the top subfigure of
Fig. 19) does not remain flat as was suggested in previous dis-
cussion. This is simply because only the roll, pitch, and yaw
controls are defined by the pseudoinverse allocator, where the
collective control is always defined as symmetric collective
pitch applied to both rotors, even after failure. Because in
hover the rate command, height hold loop is closed, the col-
lective channel is still active and can result in commands being
sent to this failed actuator. As depicted by the sold blue line
response, however, the failed actuator does not move once the
fault has occurred.
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Figure 19. Upper Rotor Aft Actuator Failure Actuator Po-
sitions

Failure of the aft actuator results in substantial vehicle motion
in the longitudinal axis. Figures 20-23 present the aircraft
state trajectory as a result of the failure, including the on and
off-axis responses. First, the roll response, given in Fig. 20 is
negligible compared to the pitch response in Fig. 21, as would
be expected. The disturbance in the pitch response, however,
is substantial resulting from the large pitching moment gen-
erated by the upper rotor. The deviation in pitch attitude is
around 10 degrees at maximum, which places the response in
Level 2 according to Table III of ADS-33E (Ref. 24), or ac-
ceptable for failures that occur less than 2.5 ×10−3 times per
flight hour (once per 400 flight hours).
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Figure 20. Upper Rotor Aft Actuator Failure Roll Re-
sponse
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Figure 21. Upper Rotor Aft Actuator Failure Pitch Re-
sponse

The failure of the aft actuator changes the mean collective
pitch of the upper rotor, which generates a change in the rotor
thrust and torque. This results in the vehicle entering a climb
and yawing motion when failure occurs (Figs. 22 and 23).

Following from the actuator position time history given in
Fig. 19, the resulting rotor head controls are given in Fig. 24.
Primary compensation is achieved by a reduction of the lat-
eral and forward actuators on the upper swashplate to reduce
the collective pitch, while mirroring the actuator positions on
the lower rotor. This mirrored response results in a substantial
differential longitudinal cyclic input (green curve in Fig. 24),
which leads to a significant differential longitudinal flap re-
sponse and a reduction in the rotor tip clearance (Fig. 25).
Note that this tip clearance violates the flight test observed tip
clearance for the X2TD of 11 inches (∼ 0.92 feet) defined in
Ref. 22 “to ensure margin during initial envelope expansion.”
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Figure 22. Upper Rotor Aft Actuator Failure Climb Rate
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Figure 23. Upper Rotor Aft Actuator Failure Yaw Re-
sponse
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Figure 24. Upper Rotor Aft Actuator Failure Rotor Head
Controls
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Figure 25. Upper Rotor Aft Actuator Failure Tip Clear-
ance

The lateral actuator failure case is similar to the aft actuator
case, except the primary vehicle response is in roll , because
the lateral actuator on the upper rotor swashplate is located
at ψ = 90◦ − Γ = 52.5◦ on the counter-clockwise azimuth,
so locking above the trim position generates positive lateral
cyclic and a negative (roll-left) rolling moment from the up-
per rotor. Actuator fault is considered in the same manner as
the aft actuator case, and actuator position time histories are
given in Fig. 26. Note again that the lateral actuator does re-
ceive commands from the collective channel input, but does
not respond after 5 seconds.
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Figure 26. Upper Rotor Lateral Actuator Failure Actuator
Positions

Similar to the aft actuator failure case, the resultant hub mo-
ment of the upper rotor results in significant vehicle motion.
However, because this fault case perturbs the lateral cyclic
of the upper rotor primarily, the dominant motion is in roll,
shown in Fig. 27. Compared to the aft actuator failure case,
this roll response is significantly larger, and the transient roll
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Figure 27. Upper Rotor Lateral Actuator Failure Roll Re-
sponse
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Figure 28. Upper Rotor Lateral Actuator Failure pitch Re-
sponse

attitude response falls to Level 3 according to Table III in
ADS-33E (Ref. 24), which is acceptable for failures that oc-
cur less than 2.5×10−5 times per flight hour (once per 40,000
flight hours). For completeness, the pitch response to the up-
per rotor lateral actuator failure is included in Fig. 28. This
response is small compared to the roll response, in the same
way that the roll response was significantly smaller than the
pitch response for the aft actuator fault case. This indicates
that the position of the actuators largely contribute to on-axis
responses, shifting the position of these actuators would result
in different amounts of inter-axis coupling.

The movement of the lateral swashplate actuator does increase
the mean collective pitch, but because of the swashplate ge-
ometry, this influence is roughly half of what the aft actuator
caused for the same displacement from trim. As a result, the
climb rate (Fig. 29) and yaw response (Fig. 30) are smaller
than the aft actuator case, and the change in the collective set-
ting can be seen in Fig. 31 to compare with the aft failure case.
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Figure 29. Upper Rotor Lateral Actuator Failure Climb
Rate

0 5 10 15
-10

-5

0

5

10

15

Y
a
w

 R
a
te

 (
d
e
g
/s

) Command

Response

0 5 10 15

Time (s)

-5

0

5

10

15

H
e
a
d
in

g
 (

d
e
g
)

Figure 30. Upper Rotor Lateral Actuator Failure Yaw Re-
sponse

Finally, the compensation for the lateral actuator failure
(Fig. 26) requires a similar set of rotor head controls (Fig. 31)
relative to the aft actuator fault case, but utilization of differ-
ential lateral cyclic (light blue line in Fig. 31) instead of differ-
ential longitudinal. However, the rotor tip clearance (Fig 32)
is still reduced in a similar manner through differential lateral
flapping, which follows from the similar amount of differen-
tial cyclic used in comparison to the aft actuator fault case.
Again, this failure case violates the observed tip clearance
limit for the X2TD.
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Figure 31. Upper Rotor Lateral Actuator Failure Rotor
Head Controls
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Figure 32. Upper Rotor Lateral Actuator Failure Tip
Clearance

180 Knot Baseline Response

At 180 knots the response to pilot input is changed in every
control axis except lateral cyclic, which remains RCAH. The
longitudinal cyclic now controls stability axis vertical accel-
eration (nz) command, angle of attack hold, pedal input con-
trols sideslip command, turn coordination, and the collective
lever is now direct stick-to-head control, where the symmetric
collective pitch of the rotor system is directly commanded by
the collective lever position. The longitudinal stick response
changes from rate command to stability axis vertical accelera-
tion (nz) command in order to stabilize the short period mode
present in the plant dynamics. This approach was also taken
on the generic coaxial-pusher simulation model developed by
the Army (Ref. 10). The pedal response change to sideslip
command in cruise allows for automatic turn coordination and
is typical for high-speed vehicles. As was done for the hover

condition, the baseline stick responses are presented here for
reference.

The lateral stick response is very similar to that presented in
Fig. 12, with the exception that the commanded rate is larger
representing the larger maximum attainable roll rate require-
ment of 90 degrees/second for Level 1 piloted handling qual-
ities in forward flight (the present study provides 50% maxi-
mum rate commands for reference). The roll rate and attitude
are given in Fig. 33, and the corresponding tip clearance is
given in Fig. 34. Note that because of the zero sideslip angle
commanded by zero pedal deflection, the vehicle also enters
a coordinated turn, indicated by the nonzero steady yaw rate
in Fig. 35. The larger transient behavior in the tip clearance
response can be attributed to the additional control effort re-
quired to maintain the coordinated turn.
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Figure 33. Lateral Cyclic Pulse Roll Response, Cruise
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Figure 34. Lateral Cyclic Pulse Tip Clearance, Cruise
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Figure 35. Lateral Cyclic Pulse Yaw Response, Cruise

A baseline longitudinal response to a 0.75 g pulse command
is given in Fig. 36. Stability axis vertical acceleration is
achieved with a pitching motion of the vehicle, as indicated
by the pitch response given in Fig. 37.

Note that this response doesn’t follow the same type of trajec-
tory as a typical pitch rate response, but does pitch the aircraft
nose up an additional 3◦ after the piloted input has ended. This
results in a substantial climb rate, given in Fig. 38. The tip
clearance for the maneuver is shown in Fig. 39. Note that the
primary use of the rotor controls in the pitch allocation results
in a large tip clearance response that violates the 11 inch (0.92
feet) clearance limit, which suggests that more careful design
of the weights in the allocation should be considered to utilize
the elevator more heavily.
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Figure 36. Longitudinal Cyclic Pulse nz and α Response,
Cruise
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Figure 37. Longitudinal Cyclic Pulse Pitch Response,
Cruise
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Figure 38. Longitudinal Cyclic Pulse Climb Rate, Cruise
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Figure 39. Longitudinal Cyclic Pulse Tip Clearance,
Cruise
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The response to pedal input is given in Fig. 40, with tip clear-
ance given in Fig. 41. Note that the baseline control alloca-
tion utilizes differential rotor inputs along with the rudder to
accomplish the desired sideslip response, resulting in a large
reduction in the rotor tip clearance and eventual intersection of
the rotor planes (negative tip clearance values). However, as
indicated in Fig. 41, changing the relative authority of the rud-
der versus the rotor controls (by applying a different weight-
ing scheme in the pseudoinverse optimization) can yield dif-
ferent tip clearance trends while accomplishing the same com-
manded response by utilizing more rudder control and less ro-
tor controls. The corresponding rotor controls (yawing torque
is accomplished primarily by the presented controls) and rud-
der input are provided in Figs. 42 and 43. This highlights the
need for more careful design of the control allocation, espe-
cially for yaw control, rather than a simple application of the
pseudoinverse. It should also be noted that use of the rotor
system to generate a yawing moment has a dramatic impact
on rotor tip clearance, which will make failure in the rudder a
difficult problem, to be discussed later.
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Figure 40. Pedal Kick Sideslip Response, Cruise
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Figure 41. Pedal Kick Tip Clearance, Cruise
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Figure 42. Pedal Kick Rotor Head Controls, Cruise
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Figure 43. Pedal Kick Rudder Input, Cruise

180 Knot Failure Cases

Strictly speaking, all available actuators have a possibility of
fault in all vehicle operating states. However, the present
study considers only failure of the aerosurfaces (elevator and
rudder) in the cruise condition. This approach is taken for
brevity and also due to the fact that swashplate actuator fail-
ure appears at least notionally similar in hover and in cruise,
with the difference being that undesired rotor hub force and
moment can now be at least partially compensated for by the
empennage surfaces instead of necessarily requiring differen-
tial moments in the rotor system.

Elevator fault is simulated by moving the surface from trim
at -5◦ (trailing edge up) back to zero deflection at 5 seconds
(Fig. 44). This new setting introduces a transient response,
where the vehicle experiences a nose-down pitching moment
and consequently a negative pitch rate and new trim pitch at-
titude at approximately nose-level (Fig. 45).
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Figure 44. Elevator Failure Aerosurface Time History,
Cruise
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Figure 45. Elevator Failure Pitch Response, Cruise
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Figure 46. Elevator Failure nz and α Response, Cruise

Because the longitudinal command is now nz, the aircraft now
returns to the nominal trim state of nz = 1g (Fig. 46), with a
change in the vehicle angle of attack corresponding to the new
steady pitch attitude.

Compensation for elevator failure requires the balancing of
vehicle pitching moment and vertical force in order to drive nz
back to its nominal value of 1g. Without a functional elevator,
the rotor controls are the only viable options as the rudder
produces no significant longitudinal or vertical forcing. The
time history of the rotor controls, given in Fig. 47, show that
the rotor pitch controls that are primarily shown in Fig. 11 are
utilized at the time of failure, combining to restore trim. Note
that using these rotor controls to compensate for the sudden
disturbance caused by the elevator failure changes the flapping
state of the rotor system, resulting in a significant tip clearance
transient (Fig. 48).
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Figure 47. Elevator Failure Rotor Head Controls, Cruise

The behavior exhibited in the tip clearance again indicates that
different weights should be considered in the weighted pseu-
doinverse to prevent large tip clearance deviation, perhaps in-
cluding the lateral and longitudinal differential flapping dy-
namics in the optimization problem. Note that a forward path
control as was implemented for the generic coax (Ref. 10)
would not improve this response, as the response here is all
from the feedback system (zero pilot commands).
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Figure 48. Elevator Failure Tip Clearance, Cruise

Rudder failure in a coaxial helicopter system is particularly
challenging, due to the lack of efficient yawing moment gen-
eration from the dual rotor system in cruise. Granted, the ro-
tor has enough control power to generate any required mo-
ment for reasonable yaw rate or sideslip commands, but this
requires use of differential inputs to the rotor system. Differ-
ential inputs in general force the rotor into differential flapping
states, which leads to reduction in tip clearance or even blade
strike when large enough directional input is commanded. To
illustrate this problem, the rudder is moved out of trim (at
δr = 0◦) to a -5 degree position at 5 seconds simulation time
(Fig. 49).

This new setting generates a nose-right yawing moment
(Fig. 50), which requires the rotor to compensate using dif-
ferential controls (Fig. 51).
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Figure 49. Rudder Failure Aerosurface Time History,
Cruise
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Figure 50. Rudder Failure Yaw Response, Cruise
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Figure 51. Rudder Failure Rotor Head Controls, Cruise
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Figure 52. Rudder Failure Tip Clearance, Cruise
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As shown in Fig. 42, the primary controls that can be used
to generate this net rotor hub torque are ∆θ0, ∆θlon and θlat ,
which are primarily differential moment generators, and so
the rotor tip clearance is significantly impacted by this fault
case (Fig. 52), eventually leading to a tip strike. Note that
the total rudder range of deflection is ±30◦, so this locked
position of 5◦ represents a fairly small deflection. Larger dis-
placements of the rudder would in turn require larger com-
pensation, at further detriment to the rotor tip clearance. This
further illustrates the need for careful consideration of direc-
tional control authority on a coaxial helicopter platform; the
addition of effectors such as propeller monocyclic (or other
effectors that don’t directly influence rotor flap behavior) may
be required to ensure sufficient resilience to rudder failure.
Even post-failure, once the vehicle has returned to trim, the
ability of the aircraft to perform a yawing maneuver without
violating any observed tip clearance limits will be greatly im-
pacted. If no additional effector is available outside of the
rotor controls, it may be necessary to limit the directional in-
put that the pilot can command in order to maintain safe flight,
at the cost of handling qualities performance.

CONCLUSIONS

This paper described and presented validation of the RPI
Coaxial Helicopter Analysis and Dynamics code (CHAD),
with results based on the Sikorsky X2 Technology™ Demon-
strator. Validation was provided both in steady trim results as
well as bare airframe frequency responses, both cases were
compared to measured and identified published flight test
data. An explicit model following control system was de-
signed using CONDUIT® for both hover and cruise at 180
knots using a weighted pseudoinverse control allocation. Dif-
ferent baseline flight conditions and failure cases were exam-
ined to investigate the performance of the vehicle with flight
control failure in flight. The following conclusions are drawn:

1. The coaxial model (CHAD) showed good agreement
with published flight test data both in steady trim and
bare airframe frequency responses. Key dynamic modes
were well predicted, including the hovering cubic peak
and lead-lag dipole in the hover condition.

2. Weighted pseudoinverse control allocation generated op-
timal control modes to distribute demanded moments
among the available actuators in nominal conditions.
This approach allowed for recalculation of the allocation
in failure modes, resulting in a stable control system post
failure.

3. Yaw control needs to be designed carefully so as to make
use of controls that do not directly impact the tip clear-
ance of the vehicle. Results presented show that the nom-
inal pseudoinverse yaw allocation results in a negative
tip clearance, but additional weighting can bias control
effort to the rudder to limit the reduction in tip clearance.

4. The recalculated peeudoinverse approach performed
well in terms of the vehicle recovering steady state after

a failure has occurred. In every fault case considered in
this study, the aircraft returns to trim within 5 seconds of
the failure with no additional pilot intervention required.

5. In hover, the aircraft can tolerate locked failures of the
swashplate actuators. However, this requires substantial
differential cyclic input, resulting in a differential flap
response. As was demonstrated, this reduces the rotor
tip clearance substantially, which effectively reduces the
range in which an actuator can fail and still maintain a
safe operating condition.

6. In cruise, elevator failure is easily compensated with a
combination of symmetric collective pitch and symmet-
ric longitudinal along with differential lateral cyclic (to
change the effective control phase angle). This redis-
tribution of the pitch moment results in fairly large tip
clearance reduction during the transient, but this effect
can likely be mitigated with refined control weighting in
the pseudoinverse. Failure of the rudder is more chal-
lenging because of the differential controls required, re-
sulting in large reductions in rotor tip clearance. Addi-
tional effectors may be required for yaw control to allow
for resilience to rudder failure.
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